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SUMMARY 
A three-dimensional parabol ized Navier-Stokes code has been used t o  inves- 
t i g a t e  t h e  f l o w  through a Mach 7.4 i n l e t .  A two-dimensional parametr ic study 
o f  g r i d  reso lu t ion ,  turbulence modeling and e f f e c t  o f  gamma has been done and 
compared w i t h  experimental r e s u l t s .  The r e s u l t s  show t h a t  mesh r e s o l u t i o n  o f  
t h e  shock waves, r e a l  gas e f f e c t s  and turbulence length  sca l ing  are  very impor- 
CD t a n t  t o  g e t  accurate r e s u l t s  f o r  hypersonic i n l e t  f lows. I n  add i t ion ,  a three- 
dimensional c a l c u l a t i o n  o f  the  Mach 7.4 i n l e t  has been done on a s t r a i g h t  
l a y e r  i n t e r a c t i o n  phenomena causes s i g n i f i c a n t  three-dimensional f l o w  i n  t h e  
i n l e t .  
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I s idep la te  conf igura t ion .  The resu l ts  show t h a t  the  g lanc ing shock/boundary 
INTRODUCTION 
Recent recommendations from the Aeronaut ical  Po l i cy  Review Committee (under 
the  d i r e c t i o n  o f  the  White House Of f i ce  o f  Science and Technology) have 
rev ived n a t i o n a l  i n t e r e s t  i n  hypersonic propuls ion. Much of  the  technology 
base f o r  t h i s  e f f o r t  i s  expected t o  develop from the  progressive supersonic 
and hypersonic advances i n  computational f l u i d  mechanics. Several f a c t o r s  
a f f e c t i n g  the  accuracy o f  hypersonic i n l e t  c a l c u l a t i o n s  are s tud ied i n  the  
c u r r e n t  i n v e s t i g a t i o n  by comparing the r e s u l t s  o f  two-dimensional viscous c a l -  
c u l a t i o n s  w i t h  experimental resu l ts .  
Hypersonic f lows are character ized by h igh  Mach numbers i n  the  i n v i s c i d  
regions, h igh  gradients  I n  the v i c ’ f n i t y  o f  shock waves o r  s o l i d  surfaces, and 
t h i c k ,  heated boundary layers.  To accurate ly  model the  h igh gradients  near 
shocks and along surfaces, one must employ l a r g e  numbers o f  mesh p o i n t s  i n  the  
c a l c u l a t i o n .  Most f l o w  ca lcu la t ions  i n  t h i s  regime encounter some degree o f  
post-shock f low o s c i l l a t i o n s ,  which can be minimized e i t h e r  through some form 
o f  a r t I f . l c l a 1  v i s c o s i t y ,  upwind d i f fe renc ing  techniques, o r  increased g r i d  
reso lu t ion .  To accurate ly  model t h e  h igh  temperatures found i n  hypersonic 
f lows, one needs t o  inc lude real-gas e f f e c t s  I n  the  energy equat ion models. 
This model can take several forms f r o m  the  s implest  s p e c i f i c  heats as a func- 
t i o n  of temperature t o  the  more complex chemical k i n e t i c  and specie models. 
To accurate ly  model the  t h i c k  boundary layers  present i n  hypersonic f l o w s ,  one 
may need t o  consider a v a r i e t y  o f  turbulence and t r a n s i t i o n  models. I n  t h e  
present study, a supersonic parabolized Navier-Stokes so lver  has been used t o  
i n v e s t i g a t e  some o f  these problems. 
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Computer code modelling of the flow in supersonic and hypersonic inlets has 
increased recently due to improved computer algorithms and more powerful com- 
puters such as the Cray-XMP and Cyber 205. Some researchers (refs. 1 to 3), 
have used the unsteady Reynolds-averaged Navier-Stokes (NS) equations marched 
in time to a steady state solution to describe the flow in the inlet. At NASA 
Lewis, the inlet has been analyzed with a zonal methodology (ref. 4); NS codes 
are used only in he transonic terminal shock region, while higher speed para- 
bolized Navier-Stokes (PNS) codes are used in the supersonic and subsonic dif- 
fusers. Through an extensive code verification effort (ref. 4 ) .  it has been 
found that the higher computational speed of the PNS codes provides the ana- 
iyst sufficient grid resoiutlon to r e s o i v e  flaw phenomenon aisd that  lack o f  
sufficient grid resolution often leads to erroneous results (ref. 5). 
attempt the same levels of grid resolution with an NS solver as is available 
to a PNS solver would require orders of magnitude greater computing time due 
to the time-dependence of the NS solution and due to restrictions on the mag- 
nitude of the time increment relative to the spatial grld size. 
An acknowledged dissadvantage of the PNS solver for high speed flows is the 
failure of the solver when large regions of subsonic or reverse flow are 
encountered. The failure of a PNS analysis to accurately model large regions 
of separated flow in a mixed-compression inlet may not be a serious problem, 
however, because such flows will trigger an inlet unstart. In an inlet 
unstart, a normal shock is formed inside the inlet by the flow separation and 
this shock moves very quickly upstream. 
The 
performance of the inlet changes dramatically since the flow becomes subsonic 
through a very strong normal shock instead of the multiple obliques and weak 
normal shock of a well-designed mixed-compression inlet. Mixed compression 
inlets are never designed with large regions of subsonic or reverse flow 
because of the inlet unstart problem. It is necessary in the analysis of 
mixed compression inlets to accurately predict the occurence of reverse flows 
which trigger unstarts, but it I s  not necessary to calculate the details of 
the recirculation. 
To 
I 
The oblique shock structure within 
I the jnlet is destroyed creating subsonic flow throughout the inlet. 
The three-dimensional supersonic viscous marching analysis used In this 
study solves the PNS equations for supersonic flow by an efficient linearized 
block implicit scheme (ref. 6). The code has been extensively verified at 
NASA Lewis, with particular emphasis on the calculation of the glancing 
shock/boundary layer interaction (GSBLI) (ref. 7). These studies have demon- 
strated the code's ability to properly model the complex three-dimensional phe- 
nomena present in this interaction. It also uncovered the importance of, and 
established the levels of grid resolution necessary to model this interaction. 
Besides demonstrating the code's ability to match the experimental data, these 
studies have increased our understanding of the physical processes present i n  
these interactions and their effects on inlet performance. This interaction 
3s very important In the three-dimensional calculations presented here. 
TWO-DIMENSIONAL RESULTS I 
Several calculations have been made of the flow through a Mach 7.4 inlet 
and the results of the calculations have been compared to the experimental 
results. The hypersonic inlet to be calculated was originally tested at NASA 
Ames and the experimental results are documented in reference 8. A schematic 
drawing of one configuration of the inlet is shown in figure 1. At Mach 7.4 
L 
the nominal 6 . 5 O  wedge produces a Mach 6.0 flow at the entrance to the inlet. 
A shock is generated by the cowl l i p  and this shock traverses the internal flow 
passage and is reflected by the ramp surface. 
reflection, the flowfield was surveyed with a traversing pitot pressure probe 
to obtain pressure profiles throughout the inlet. 
tion, turbulence models, and ratio of specific heats in the calculations, the 
sensitivity to these factors can be assessed. 
future calculations in this speed regime and beyond. 
In the vicinity of the shock 
By varying the grid resolu- 
These answers can then aid 
Figures 2 to 4 show some results from calculations of the inlet. In each 
figure a schematic of the inlet is shown at the top and a comparison of the 
calculated and experimental pitot pressure profiles is shown at the bottom. 
The location of the profiles are noted on the upper schematic. 
the results of the analysis are given by solid or dashed lines, while the 
experimental results are noted by the circles. In all of the calculations, 
the free stream conditions were set to the experimental tunnel conditions of 
Mach number equal to 7.4, total pressure equal 4.14~10~ N/m2 and total 
temperature equal to 811 K .  All of the calculations were run fully turbu- 
lent, although there was some indication in the test that transition occurs on 
both ramp and cowl surfaces. 
In all cases 
Figure 2 shows a comparison of two calculations with the experimental pitot 
profile. 
shows the thick boundary layer which has grown on the ramp surface; the thick- 
ness is indicated by the location where the curve turns vertical. Continuing 
up the curve, the sharp turn to the right is indicative o f  the cowl shock loca- 
tion while the gradual rise to the right and up is caused by the distributed 
compression on the inside of the cowl. Near the top of the curve, it turns 
quickly back to the left which indicates the thickness o f  the boundary layer 
on the cowl. In general, the comparison between analysis and experiment is 
excellent; the shock location and strength has been correctly modelled, as has 
the thickness of the ramp boundary layer. The boundary layer on the cowl is 
thinner than the calculated results because of laminar to turbulent transi- 
tioning effects. 
Considering the profile at the left, the lower part of the figure 
The two calculations of figure 2 have been run with different numbers of 
mesh points in the direction normal to the ramp and cowl surfaces. When one 
hundred mesh point are used, the flow experiences severe post-shock pressure 
oscillations which are most evident in the middle profile dashed curve. 
researchers have experienced these oscillations in high speed flow calculations 
particularly when central differencing techniques are used. 
attempting to overcome these numerical problems with special differencing 
schemes, or various types o f  artificial damping, this study indicates that the 
problem can be overcome with increased mesh resolution. This is shown by the 
smooth solid curves on figure 2, which used three hundred mesh points in the 
normal direction. Adequate control of the post-shock oscillations was obtained 
using a minimum o f  two hundred radial mesh points. The resulting mesh of two 
hundred thousand mesh points took approximately three minutes o f  CPU time on 
the Lewis CRAY X-HP. 
Other 
While others are 
Figure 3 shows the results of two calculations employing different length 
scales in the turbulence model. The dashed line shows the results using a 
McDonald-Camarata model which has been successfully used in the PNS code for 
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many different types of problems in the low supersonic speed regime (refs. 5, 
7, and 9). For the hypersonic calculations, however, this model breaks down. 
Bushnell and Beckwith found similar problems with this model in their earlier 
research (ref. lo), and using a length scale model based on this work, the 
results appear as the solid line. The comparison with experiment is much 
better and the improved model is recomended for calculation of hypersonic 
flows. This calculation indicates possible difficulties in the calculation of 
high speed flows for which no cornparison with experimental data is available; 
a turbulence model which works quite well at lower speeds gives erroneous 
results for higher Mach number flows. 
of the ratio of specific heats. 
to 1.4, while the solid line was calculated at 1.38. 
this parameter has produced a large change in the pitot profiles. 
higher value of g a m a ,  the shock from the cowl has moved upstream and become 
stronger. 
which can vary the local value of g a m a  will have first order effects on the 
accurate calculation of the flow in high speed inlets, and second, when testing 
inlets in facilities, it will be necessary to match flight Mach number, temper- 
ature and g a m a  to obtain meaningful results. Testing hypersonic inlets In 
rocket exhaust nozzles, for example, may match flight Mach number and temper- 
ature conditions, yet fail to match gamma because of the combustion by-products 
present. This calculation shows that small differences in the value of gamma 
can lead to large differences in the assessment of inlet performance 
Figure 4 shows two calculations of the Mach 7.4 inlet with different vaiues 
The dashed line was calculated at g a m a  equal 
A rather small change in 
This figure indicates two important points; first, real gas effects 
At the 
THREE-DIMENSIONAL RESULTS 
Once the two-dimensional parametric study was completed, it was decided 
that the inlet should be examined three-dimensionally to determine the effect 
of the sideplates on the internal flowfield. Previous calculations of a Mach 
5.0 inlet (ref. l l ) ,  and benchmark studies of GSBLI (refs. 7 and 9 ) ,  indicate 
strong three-dimensional effects occur in rectangular inlet with sideplates. 
The experiment did not provide sufficient instrumentation for detailed study 
of three-dlmensional effects. Figure 5(a) shows a schematic of the probe loca- 
tions in the spanwise direction of the inlet. 
inlet the surveys were taken close to the centerline and therefore major three- 
dimensional effects would not have been detected. The axial locations are shown 
in figure 4. 
given . 
In the internal passage of the 
Some qualitative comparison with the throat rake data will be 
The three-dimensional calculation employed a computational mesh of one 
hundred mesh points in the Y direction and fifty points in the Z direction 
(the coordinate axes are shown in fig. 5(b)). 
results indicated that more points are needed to control the post shock oscil- 
lations, only the overall effect of the sideplates on the two-dimensionally of 
the flow was to be examined. To simplify the calculations, the sideplate in 
the calculation begins at the cowl lip and is perpendicular to the ramp sur- 
face. In the experiment, the sideplate was cut back as shown in figure 5(b); 
the calculation does not model this cut back. 
Although the two-dimensional 
Figures 6 to 10 shown Mach number contours and secondary velocity vectors 
at various Y - Z  planes in the internal portion of the inlet. 
figures show the flowfield in a cross section of the inlet; the ramp surface 
The bottom of the 
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i s  on t h e  bottom,the cowl surface i s  on t h e  top,  and t h e  s idep la tes  a re  on bo th  
s ides .  Because o f  f l o w  symmetry, only h a l f  o f  t h e  i n l e t  was ca l cu la ted .  The 
s i d e  v iew o f  t h e  i n l e t  i s  shown a t  the t o p  o f  each f i g u r e  i n d i c a t i n g  w i t h  a 
v e r t i c a l  l i n e  t h e  r e l a t i v e  l o c a t i o n  o f  t h e  p lane i n  t h e  i n l e t .  The a x i a l  l oca -  
t i o n  g i ven  w i t h  t h e  p l o t ,  X/HC, i s  referenced t o  t h e  i n l e t  cap ture  he igh t .  A 
sca le  i n  shown on t h e  l e f t  hand s ide  f o r  t h e  Mach number contours and on t h e  
r i g h t  hand s i d e  a re fe rence vec to r  o f  one-tenth o f  t h e  f r e e  stream v e l o c i t y  i s  
shown. Boundary l a y e r s  a r e  noted by t h e  concen t ra t i on  o f  Mach contours near a 
s o l i d  sur face and shock waves a r e  shown as a concent ra t ion  o f  Mach contours 
away f rom a s o l i d  surface. Shock waves a r e  a l s o  noted i n  t h e  secondary ve loc-  
i t y  vec to rs  when t h e  d i r e c t i o n  o f  t h e  vec tors  change ab rup t l y .  
I n  F igu re  6 t h e  contours a re  shown j u s t  upstream o f  t he  cowl l i p .  The 
Mach number contours show t h a t  t h e  centerbody shock wave has passed ou t  o f  t he  
f l o w  f i e l d . a n d  t h a t  a t h i c k  boundary l a y e r  has developed on the  centerbody 
sur face.  The secondary v e l o c i t y  vectors i n d i c a t e  t h a t  the  f l o w  i s  un i fo rm i n  
t h e  Z -d i rec t i on .  O i l  f l o w  t e s t s  i n  re fe rence 8 show t h a t  t h e  f l o w  a t  t h e  cowl 
l i p  had been tu rned n e a r l y  s i x  degrees i n  t h e  Z -d i rec t i on  because of edge 
e f f e c t s  on the  exper imental  wedge. The ana lys i s  has assumed an i n f i n i t e  wedge 
and does n o t  p r e d i c t  t h i s  ou t f l ow .  F igure  7 shows a cross sec t i on  between t h e  
cowl l i p  and t h r o a t  where the  cowl shock wave i s  moving toward t h e  centerbody 
sur face.  The f i g u r e  shows t h a t  a vor tex  i s  forming on the  back s ide  o f  t h e  
shock wave as i t  glances across t h e  s i d e p l a t e  boundary l aye r ;  t h i s  i n t e r -  
a c t i o n  was v e r i f i e d  i n  re ference 7. The vo r tex  i s  pumping the  low energy f l u i d  
i n  t h e  cowl boundary l a y e r  down along t h e  s i d e p l a t e  t o  the  ramp surface. The 
Mach number contours show t h i s  by t h e  t h i c k e n i n g  o f  t h e  s idep la te  boundary 
l a y e r  on t h e  back s ide  o f  t h e  shock wave. F igure  7 a l s o  shows t h a t  a weak 
shock i s  moving ou t  away from t h e  s idep la te  i n  t h e  Mach number contours,  as 
noted by t h e  b l i p  i n  t h e  contours on t h e  cowl sur face  and i n  t h e  shock wave. 
This  i s  developed from t h e  boundary l a y e r  growth a long the  s idep la te .  The 
shock wave near the  s i d e p l a t e  i s  skewed toward t h e  ramp sur face as i n d i c a t e d  
i n  b o t h  p l o t s .  
F igu re  8 shows the  Mach number and secondary v e l o c i t y  p l o t s  a t  t h e  p o i n t  
where t h e  cowl shock wave r e f l e c t s  w i t h  t h e  ramp sur face.  The vo r tex  formed 
by t h e  GSBLI has strengthened and i s  now pumping f l u i d  a long the  ramp sur face  
toward the  c e n t e r l i n e  o f  t h e  i n l e t .  The boundary l a y e r  i n  t h e  l o w e r  corner  
has th ickened much more than i n  t h e  r e s t  o f  t he  cross sec t ion .  The e f f e c t  o f  
t h e  s t rong  vo r tex  i s  seen i n  the  boundary l a y e r  a long the  ramp sur face by i t s  
t h i c k e n i n g  t o  about t h e  50 percent  p o i n t  i n  t h e  spanwise d i r e c t i o n .  
p o i n t  t h e  three-dimensional  e f f e c t s  o f  t h e  s idep la tes  have n o t  reached t h e  
survey p lane p o i n t  which i s  a t  approximately the  30 percent  p o i n t  f rom the  
c e n t e r l i n e .  A t  t h i s  p o i n t  i n  the  design t h e  cowl shock wave should have can- 
ce led  on t h e  ramp surface. With the t h i c k  boundary l aye rs  on a l l  t he  surfaces 
and t h e  skewing o f  t he  shock wave near t h e  s idep la te ,  t h e  shock wave does n o t  
cancel  a t  t h i s  p o i n t .  The contours o f  f i g u r e  9 a r e  a t  the  p o i n t  where the  
shock wave has s t a r t  t o  r e f l e c t  on the cowl sur face.  The vo r tex  shown i n  t h e  
secondary v e l o c i t y  vec tors  i n d i c a t e  t h a t  i t  i s  s t i l l  very s t rong.  The vo r tex  
i s  s t i l l  pumping l o w  energy f l u i d  i n t o  t h e  lower corner .  The boundary l a y e r  
shown by t h e  Mach number contours i s  very d i s t o r t e d  i n  the  lower corner  and 
along t h e  ramp sur face.  The ramp boundary l a y e r  t h i n s  toward t h e  c e n t e r l i n e  
o f  t h e  i n l e t .  The secondary v e l o c i t y  vec tors  show c ross f l ow  v e l o c i t i e s  near 
t h e  i n t e r n a l  passage survey plane. F igure  10 shows t h e  contours near t h e  i n l e t  
e x i t .  A t  t h i s  p o i n t  t h e  f l o w  f i e l d  i s  h i g h l y  d i s t o r t e d  and the  shock wave i s  
A t  t h i s  
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bent across the width of the cross section. The vortex due to the GSBLI is 
situated in the lower corner and it is still very strong. The pumping effect 
of the vortex is being felt over approximately 75 percent of the cross section. 
Figure 1 1  shows the static pressure contours along the cowl and the center- 
body surfaces. Both plots are from the sideplate, which are on the upper part 
of both plots, to the centerline of the inlet, which are on the lower part of 
both plots. Along the centerbody surface the cowl shock wave impingement is 
shown by the first concentration of contour lines. At this point the shock is 
two-dimenslonal over about 60 percent of the width of the inlet, but at the 
next  shnck !mp!ngcment on t h e  centerbody the shock wave is skewed over almost 
the entire width of the inlet. Also, after both shock reflections on the 
centerbody an overpressure region is formed away from the centerline as was 
seen In the GSBLI case of reference 9, The static pressure contours on the 
cowl surface .show that the sideplate is generating a weak shock wave which 1.S 
distorting the distributive compression on the front part of the cowl. The 
centerbody shock impingement shows the same effects as on the centerbody sur-. 
face. A large portion of the flow field at this point is being affected by 
the interaction of the cowl shock and sideplate boundary layer. 
In figure 12 contour plots of static pressure are shown i n  X-Y planes, 
at selected spanwise locations. The four planes are at; (1) the centerline 
(Z = 0); (2) the internal survey plane ( 2  = 0.3); (3) the 50 percent span poin 
(Z = 0.5); and (4) the 75 percent span point (Z = 0.75). The centerline plane 
shows the same shock wave pattern as the two-dimensional results. At the 
internal passage survey plane the shock pattern is very similar to the center- 
line shock pattern. The only major difference is near the last shock reflec- 
tion on the centerbody, where the effect of the sideplate causes the shock 
impingement point to move upstream. At the 50 percent span plane the progres- 
sion of the shock pattern upstream is seen after the first reflection on the 
centerbody. 
from the centerline shock. The final plane shows the first centerbody shock 
reflection point moves upstream of the reflection point at 50 percent. 
reflected shock is more highly inclined to the ramp and strikes the cowl 
further upstream. This change in the shock wave pattern with spanwise location 
may help explain a phenomenon noted in the experimental report. 
photograph of this region shows the cowl shock striking the centerbody and two 
waves reflecting back towards the cowl. The computational results indicate 
that this may be due to the curvature of the shock wave seen in figure 12. 
This does not affect the cowl shock wave because the three-dimensionally of 
the flow field has not developed enough at this point and it intensifies after 
the shock wave boundary layer interaction on the ramp surface. 
The shock wave generated by the cowl lip does not show much change 
The 
A Schlierin 
The three-dimensional flow features seen in the previous figures cause the 
performance of this inlet to be less than predicted two-dimensionally. Fig- 
ure 13 shows pitot pressure contours at the exit of the inlet as calculated by 
the three-dimensional analysis. Only half of the inlet is shown in this fig- 
ure, with the sidewall at the left. The GSBLI has caused the pitot contours 
to be highly distorted in the corner formed by the ramp and sidewall. The 
effects of the interaction are seen to extend over more than 50 percent of the 
cross section. The instrumentation of the experiment was concentrated along 
the centerline except near the throat. 
analysis and experimental results in this region. The comparison can only be 
made qualitatively because of insufficient information in the experimental 
Figure 14 shows a comparison of the 
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report. However, the figure shows that both analysis and experimental indi- 
cate strong variations in pitot pressure with span; and that both indicate 
higher pitot pressures near the cowl surface near the sidewall. 
CONCLUSIONS 
From the two-dimensional results presented here three major conclusions 
can made. First, to adequately model the shock wave structure and to elimi- 
nate post shock oscillations in high speed flow fields a large number of mesh 
points are required. The results of this study indicate that two hundred 
points in the Y-direction are adequate to control post shock oscillations in 
this analysis. The increased number of mesh points can still be calculate very 
quickly with the analysis. 
results can be obtained by using alternate differencing techniques. Second, 
to model t.he boundary layer growth in these flows, which are very large, proper 
scaling of the turbulence is important. 
mental data is obtained using a mixing length model with proper corrections 
for high speed flow. Third, real gas effects will become very important in 
accurately predicting the correct pressure distributions in high speed, high 
temperature f lows .  The results presented here show that changing gamma over 
the entire flow field dramatically change the free stream pressure levels. 
more sophisticated model for real gas effects should be incorporated later. 
Other researchers have indicated that the same 
Very good agreement with the experi- 
A 
The three-dimensional calculation presented in this report have led to the 
The glancing shock/boundary layer interaction produces following conclusions. 
a strong vortex that persists throughout the internal passage of the inlet. 
This vortex redistributes the boundary layer into the lower corner of the inlet 
and then proceeds to distort the ramp boundary layer. To achieve a canceled 
shock wave in the inlet, the effect of the boundary layers on the shock wave 
interaction at solid boundaries must be taken into account. Also, the effect 
of the sideplates on the shock wave necessitates that inlet design must be 
based on an understanding of the three-dimensional nature of the flow 
field. 
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